A multilevel design strategy for supersonic missile inlet design is developed. The multilevel design strategy combines an ef cient simple physical model analysis tool and a sophisticated computational uid dynamics (CFD) Navier -Stokes analysis tool. The ef cient simple analysis tool is incorporated into the optimization loop, and the sophisticated CFD analysis tool is used to verify, select, and lter the nal design. The genetic algorithms and multistart gradient line search optimizers are used to search the nonsmooth design space. A geometry model for the supersonic missile inlet is developed. A supersonic missile inlet that starts at Mach 2.6 and cruises at Mach 4 was designed. Signi cant improvement of the inlet total pressure recovery has been obtained. Detailed ow eld analysis is also presented.
I. Introduction W
ITH the advent of powerful computers, aerodynamic design with automated optimization has become increasingly popular with the motivation to achieve a better quality design. The aim of our current work is to develop a technology for supersonic missile aerodynamic design with automated optimization including component performance optimization and mission analysis, etc. The purpose of this paper is to present the study conducted to optimize a supersonic inlet design. This is the rst step of the long-term goal. The total pressure recovery coef cient, which represents the aerodynamic performance of the inlet, was chosen as the optimization objective. The external cowl shape and diameter were held constant, and hence, the external cowl wave drag remained xed for this study. The missile inlet in this design work is a xed geometry axisymmetric mixed compression inlet with a cruise Mach number of 4 at 18.3 km (60,000 ft) altitude. To minimize inlet manufacturing cost, expensive performance improvement techniques such as boundary-layer bleed and variable geometry were not considered.
The performance of a supersonic missile inlet depends on many factors such as the extent of external and internal compression, total contraction ratio, inlet start throat area, throat location, shock train length, divergence of subsonic diffuser, etc. The conventional design of such complex aerodynamic systems mainly depends on the experience of the designers who may nd it dif cult to take into account all of the factors needed to achieve an optimum design. A computer-aided automated optimization technique is therefore very useful.
The optimization technique may be generally classi ed into two types: 1) gradient-based and 2) nongradient-based methods. Gradient-based methods usually require that the objective functions and constraints are smooth. Conventional gradientbased methods generally introduce a line search to nd the optimum. Gelsey et al. 1 and Shukla et al. 2 used a computational uid dynamics (CFD) solver with the gradient-based line search optimizer C Code for Feasible Sequential Quadratic Programming (CFSQP ) (Ref. 3 ) to redesign two hypersonic inlets. A similar method has been used for the design of threedimensional wings with nacelles 4 for a supersonic transport. However, such approaches usually require a number of oweld computations proportional to the number of design variables to obtain the gradients. The optimization would be extremely dif cult with a large number of design variables because of the limitation of the computer power. An alternative gradient approach based on control theory suggested by Jameson 5 seems promising to overcome this dif culty. This method uses the ow eld governing equations as constraints and introduces the adjoint equations to make the gradient computation independent of the number of design variables. In principle, the true optimum can only be obtained with unlimited design variables. The optimum approach procedure of control theory method is much more ef cient than the line search methods. Control theory has been successfully used to design two-dimensional and three-dimensional wings and three-dimensional wing/body junctions. 6 However, the line search method is simpler and the application is more straightforward as long as the geometry can be modeled without using too many design variables.
The advantage of the gradient-based method is that it is more ef cient than the non-gradient method if the design space is smooth. The disadvantage is that it is more likely to stop at nonglobal local optima. The nongradient-based methods [such as genetic algorithms (GA), simulated annealing (SA ), and random probes (RP)] are more capable of treating a design space with discontinuities and approaching the global optimum. Yamamoto and Inoue 7 and Dervieux et al. 8 used GA to optimize the design of airfoils. The disadvantage of the nongradient- based methods is that they are generally more CPU intensive. A good strategy may be to use a nongradient method to get close to the global optimum and then use a gradient method to reach the global optimum. Aly et al. 9 used such a method combining SA and a gradient optimizer for airfoil designs. The optimization is switched to a gradient method from SA when it is near the possible global optimum using a criterion de ned by Ogot and Alag. 10 Supersonic inlet design is a dif cult task because of the complex ow physics and CPU requirements. This paper may represent the rst attempt to design a supersonic missile inlet with automated optimization. For a typical steady state oweld computation, e.g., ow past a wing, a single converged computation is required for an evaluation of the objective function. For a supersonic missile inlet, it is different. Because the downstream back pressure is not known a priori, a root search iteration is needed to obtain the back pressure corresponding to inlet critical operation. At the critical operation of the inlet, as the start of the normal shock train is located just downstream of the inlet throat. It is the inlet operating point at which the maximum mass ow rate and total pressure recovery (TPR) can be obtained. It is very time consuming to use a CFD solver for the back pressure search. In particular, when the back pressure is close to the critical value, the shock wave system moves very slowly and a very long execution time is necessary to ensure the stability of the shock wave. In addition, it is not like the wing design for which the pressure forces are of the main interest, and hence, an Euler solver can be used. The TPR depends in part on the viscous losses such as the boundary-layer separation induced by shock wave/turbulent boundary-layer interaction. Thus, a Navier -Stokes solver with turbulence modeling is essential. Using a Digital Equipment Corporation (DEC) Alpha 2100 workstation and General Aerodynamic Simulation Program (GASP) CFD code, it usually requires separate computations extending over one week to complete a back pressure search for a given inlet geometry. Thus, it is too expensive to use a CFD ow eld solver alone as an analysis tool for supersonic inlet design. It would be infeasible because of our current computer power limitation if a line search gradient-based optimization is implemented. The control theory optimization method in principle is possible. But it is not straightforward and more work needs to be done to develop the adjoint equations, taking account of the Navier -Stokes solver and multiple shock discontinuity system inside an inlet geometry.
To develop the technology for supersonic inlet automated design optimization based on the current computation capability, we use the following multilevel design strategy.
II. Multilevel Design Strategy
The multilevel design strategy includes two levels of analysis tools: 1) an ef cient, simple physics model analysis and 2) a more sophisticated time-consuming CFD Navier -Stokes analysis. The ef cient simple analysis tool is incorporated into the design loop and guides the sophisticated CFD NavierStokes solver to verify, select, and lter the nal design.
As described in the preceding text, it is infeasible to use a Navier -Stokes solver as the optimization analysis tool for the supersonic missile inlet design. We therefore employed a simple inlet analysis code, the NAWC inlet design and analysis code (NIDA) in the optimization loop. NIDA was developed at United Technologies Research Center (UTRC) as an inlet analysis/design tool. 11 It uses a two-dimensional aerodynamic model employing a method of characteristics for the supersonic ow section upstream of the throat, and empirical onedimensional correlations downstream of the throat for the region of the terminal shock wave/turbulent boundary-layer interaction and subsonic diffuser. For one evaluation of the objective function, NIDA only needs a few seconds on the DEC Alpha 2100 workstation. NIDA is therefore suitable as an analysis tool in the optimization loop. However, because of the simple aerodynamics model used in NIDA, the accuracy of the NIDA results needs to be veri ed by a more complete CFD solver. In addition, NIDA provides limited details of the ow eld in the supersonic region only, while a Navier -Stokes computation can give the details of the ow eld throughout the inlet.
We can also use the multilevel design strategy to push the low level optimization to the extreme using very little time. Then we can use the high level analysis tool to optimize fewer but important variables for which the low-level analysis tool cannot take into account. Such work has not been done at this stage, but is the direction for future research.
The CFD solver used in this work is the GASP code from Aerosoft, Inc, which solves the Reynolds-averaged NavierStokes equations with Chien's k-« low Reynolds number correction turbulence model. The inviscid terms are evaluated using Roe's scheme, and the viscous uxes and source terms are represented by central differences.
III. Geometry Model
A set of parameters is needed to de ne the missile inlet geometry so that a design space can be formed for the opti- mization. Figure 1 shows the model of the missile geometry, which is composed of six xed parameters and eight design variables given in Tables 1 and 2 , respectively. The missile inlet is axisymmetric and the coordinates are given in terms of axial x and radial r positions.
The external compression is achieved using an initial cone from the centerbody leading edge to point a followed by an isentropic compression ramp (a -b). The isentropic compression waves coalesce at the cowl lip, as does the conical shock from the centerbody leading edge. The internal compression starts at the entrance of the duct (c -h) and is followed by the curve on the centerbody (c -d) and the curve on the inner cowl (h -i). The connection between b and c is a straight line. The throat is located at (d -i) and has the minimum area in the duct. Following the throat is the near constant area throat section (d -e, i -j ). The near constant area throat section has a slight divergence to compensate for the boundary layer that is growing. To obtain high total pressure recovery, the shock train must be able to be contained within this throat section. The subsonic diffuser further slows down the ow going into the transport duct (f -g). The transport duct has a constant crosssectional area and transports the ow to the combustor with low ow energy loss. Upstream of the throat, the curves are required to have continuous slopes at the connections. The duct is composed of entirely straight lines downstream of the throat. The external cowl is formed by an ellipse that is considered to have low cowl wave drag 11 and has been not optimized in this study.
The inlet is required to start at Mach 2.6. The throat area is therefore computed to be able to swallow the normal shock at Mach 2.6 according to one-dimensional physics. 11, 12 With the initial cone angle and nal external turning, the isentropic compression turning is known and the curve shape (a -b) is computed using the method of characteristics. The curve c -d is made by an ellipse if possible. If no ellipse exists to t c -d, a cubic line is used. The advantage of an ellipse curve over a cubic line is that the ellipse is monotonic for both coordinates and slope. The cubic line can have a de ection. The curve at the inner cowl lip h -i is a cubic. To ensure that the minimum cross section occurs at point i, a slope discontinuity is allowed at point i. Usually, such slope discontinuity is small and the results show that inlet performance bene ts from this treatment.
If the radial position r e is allowed to vary, the designed geometry can exhibit a slope discontinuity at location e -j. Because the analysis tool NIDA is based on one-dimensional smooth duct empirical correlation in this region, the results reported from NIDA would not be reliable for such geometries and may mislead the high-level accuracy analysis. We therefore only allow x e to freely vary and require r e to fall on the straight line between points d and f. Because NIDA computes the duct performance according to the cross-sectional area and wall divergent angle, this treatment will not reduce the design search space for the optimization. Because the total pressure of the inlet is the only object of the optimization at the current stage, the external cowl shape, and therefore, the cowl wave drag were kept unchanged. The external cowl shape was speci ed by UTRC (Ref. 13) . The length of the inlet was also speci ed by UTRC.
All of the constraints are nonlinear inequality constraints and are continuous. 14 
1) The cross-sectional area at the throat must be the minimum within the whole duct from the entrance to the exit.
2) The angle between the inner and external cowl at the cowl lip should not be less than 3 deg for manufacturing purposes.
3) The minimum cowl wall thickness should not be less than 0.1 in., so that the cowl wall has suf cient strength.
4) The duct downstream of the throat must be monotonically divergent.
IV. Design Space Search
Figures 2 and 3 are two trade study results for an initial cone angle and throat axial location. The gaps in the curves represent points where NIDA did not yield a feasible solution, thus indicating that the design space determined by NIDA is nonsmooth. Therefore, if we were only to rely on the gradientbased optimum search procedure, it would likely converge to a nonglobal local optimum. We thus employed a GA optimizer 15 [Genetic Algorithm for Design Optimization (GADO )] and a multistart gradient line search optimizer CFSQP (Ref.
3). Both optimizers use RP to obtain the population and start points. CFSQP implements a quasi-Newton method to solve a nonlinear constrained optimization problem by tting a sequence of quadratic programs.
V. Results and Discussion
Employing the aforementioned methodology, we started the design optimization from the original inlet design obtained using NIDA, but without any automated optimization. The de- sign methodology was able to increase the total pressure recovery from the original value of 0.309 to 0.409, based on NIDA evaluation. This is a 32% increase and represents a very signi cant improvement. The limited number of GASP verications reports a total pressure recovery optimum value of 0.375. The GASP result con rms an improvement in total pressure recovery compared with the original design, but the optimum value of GASP is 9% lower than that of NIDA. Figure 4 is the optimization history with GA, multistart CFSQP, and RPs. Typically, a CPU time of 50 h on the DEC Alpha 2100 workstation is suf cient to obtain the optimum. GA and multistart CFSQP outperform the RP. GA has slightly higher optimum value than multistart CFSQP. This may be because the search range in a nonsmooth design space for CFSQP using line search is limited.
The basis for the multilevel design strategy is that the simple and sophisticated analysis should have similar trends. That is, when the simple analysis says one design is better than the other, the sophisticated analysis generally agrees. Such a trend is con rmed in Fig. 5 for a limited number of inlet geometries obtained during the optimization procedure. For most of the points, NIDA and GASP agree well, not only for ranking, but also for value. It is seen that when the the total pressure recovery value is higher than 0.375, NIDA continues to report a higher value up to 0.409 while GASP veri cation becomes at. The disagreement may be because the optimizers reached the range where the empirical correlations in NIDA are invalid.
For those inlet geometries veri ed by GASP, Table 3 lists some important inlet performance parameters. The rst three columns are plotted in Fig. 5 . The relative weight ow W R is de ned as the ratio of the actual captured mass ow to the maximum captured mass ow, i.e., the mass ow in the freestream corresponding to the streamtube that intersects the cowl leading edge. The inlet distortion is obtained from Distortion = (P 2 P )/P The geometry contraction ratio (CR) is CR = (Captured Area)/(Throat Area) Table 3 indicates that the design with a higher contraction ratio generally has the higher total pressure recovery. This agrees with inlet design principles. The contraction ratio was increased from 3.06 to 3.934 while maintaining the capability to start the inlet at Mach 2.6. All of the designs in Table 3 with a total pressure recovery higher than 0.341 and a lower recovery less than 0.378 based on NIDA evaluation have less than 3-deg slope discontinuities at the throat locations on the inner cowl surface. The discontinuity increases with the total pressure recovery value and reaches about 10 deg when the TPR is 0.409. If we did not relax the slope condition at the throat we would lose an important part of the design space. GASP computation did not show ow separation caused by this slope discontinuity. The exit distortion for all of the inlets is generally low.
The following is the Navier -Stokes ow eld analysis for the optimum case based on the optimal GASP evaluation, case 7. The computational domain is axisymmetric and composed of an inner and outer zone. Figure 6 is the center plane of the mesh used for this computation. The inner zone is from the centerbody leading edge through the internal channel to the exit of the inlet. The outer zone is the ow eld from the incoming freestream through the external surface of the cowl. Tables 4 -8 summarize the geometry, ow, and mesh parameters for the computation. In Tables 4 -8 , din is the boundarylayer thickness computed at the entrance of the inlet on the center body, and dout is the boundary-layer thickness computed at the streamwise midway location of the external cowl.
At the inlet critical operating condition, the exit of the inlet is subsonic, and, therefore, the exit back pressure is a necessary boundary condition for the computation. A series of computations are needed to search the back pressure that yields the critical ow for the inlet. The critical back pressure tolerance is less than 1%, i.e., a 1% increase in the converged value for the back pressure will cause the inlet to unstart. The total pressure recovery calculated based on mass-weighted average, area-weighted average, and stream thrust-weighted average are, respectively,
where s is the area in radial direction of the axisymmetric computational domain. Figure 7 shows the Mach number contours of the ow eld. The oblique shock wave and isentropic compression waves generally focus around the leading edge of the cowl as intended. The details of the Mach number contours in the throat area are shown in Fig. 8 . There is a shock generated by the cowl leading edge that intersects the centerbody. The cowl shock does not cause separation on the centerbody. The reecting shock from the centerbody intersects with another oblique shock wave from the cowl surface and forms a supersonic tongue downstream of the intersection. The light blue sonic line shows that the ow after the oblique shock wave intersection gradually becomes subsonic. This maintains a high total pressure for the ow in that region. Figure 9 shows the total pressure contours and demonstrates that the gradual change of the supersonic to subsonic ows bene ts the total pressure loss with a region shown by the color green, whereas the ow separations induced by the shock wave/turbulent boundary-layer interaction cause serious total pressure loss. The low energy ow from the separation strongly mixes with the main ow as a result of the turbulence and makes the downstream total pressure eld uniform. This is desirable to reduce the distortion of the ow going into the combustor. The turbulent intensity is also enhanced by the terminal shock wave/turbulent boundary-layer interaction and reaches the maximum in the separation region (not shown). Figure 10 displays the ow separations induced by the shock wave/turbulent boundary-layer interaction for different inlet geometries with increasing total pressure recovery. They are case 2 (Fig. 10a), case 4 (Fig. 10b), case 6 (Fig. 10c) , and the optimum case 7 (Fig. 10d) , respectively, in Table 3 . Because the channels have mild divergence, these separation regions are necessary to form the second throat and support the strong compression wave (the intersection of the two oblique shocks) compressing the supersonic ow to subsonic. Figure 10 clearly shows the geometry evolution with the optimization. In most cases, there is a large separation on the inner cowl surface and a small separation on the centerbody surface. The optimum case has the smallest separation region and throat area, with a larger separation on the centerbody than on the inner cowl surface. The ow separation is mainly determined by the shock wave intensity. Figure 11 presents the pressure contours of the ow eld in the throat region and shows the shock wave systems inside the inlets. The optimum case has weak intensity of the terminal shock train because it has a high contraction ratio and a low throat Mach number.
In Table 3 , it is evident that the relative weight ow is typically 0.95. Theoretically, the relative weight ow should be 1.0 if the shock wave focuses on the cowl lip as the design requires. The reasons for this difference are as follows: 1) NIDA uses a two-dimensional aerodynamics model to determine the wave focus point without taking into account the boundary-layer effect. When the ow eld is computed using the GASP Navier -Stokes solver, the pressure after the oblique shock from the centerbody leading will be slightly increased because of the centerbody boundary-layer displacement. The shock and isentropic compression waves are therefore slightly pushed away and some ow is spilled.
2) Even if the oblique shock wave from the centerbody leading edge intersects the cowl lip, the numerical diffusion broadens the shock wave at the cowl lip and makes the shock wave look like a strong compression wave, which will also result in some ow spillage around the cowl lip. The diffused shock wave at the cowl lip can be seen from Figs. 7, 8, and 11 . Such shock wave diffusion may be reduced by aligning the mesh with the shock wave and mesh adaptation.
It is noted that inlet geometries 5, 7, and 8 have nearly the same total pressure recovery evaluated by GASP but quite different geometries. Table 9 presents the geometry variables for cases 5 and 8. Figure 12 shows the total pressure recovery variation along the inlet axial axis for these three inlet geometries. Inlet geometries 5 and 7 have more internal compression compared to inlet geometry 8.
Inlet geometries 5 and 7 have different inner cowl lip angles and throat locations. The duct divergence after the throat is also quite different. Inlet geometry 7 has the stronger cowl lip shock loss because it has a smaller inner cowl angle than inlet geometry 5 (Fig. 11) . The Mach number before the terminal shock for inlet geometry 7 is smaller than that of inlet geometry 5 because of its higher contraction ratio, and thus, the terminal shock intensity of inlet geometry 7 is weaker (see Figs. 10 and 11) . Therefore, inlet geometry 7 has a smaller total pressure loss because of the terminal shock wave/turbulent boundary-layer interaction. However, after the terminal shock, inlet geometry 7 has a stronger pressure gradient and more rapidly turbulent boundary-layer development, resulting in a larger total pressure loss. Table 3 shows that inlet geometry 5 has a lower distortion than inlet geometry 7.
The nal external turning angle of inlet geometry 8 is signi cantly larger than those of inlet geometries 5 and 7. The supersonic ow is largely externally compressed with a nearly normal shock located at the cowl lip. The total pressure drops sharply as a result of the strong cowl lip shock and the boundary-layer separation induced by the shock. Because of the highest contraction ratio and closer throat location to the cowl leading edge, the ow downstream of the cowl lip shock is weakly supersonic and goes to subsonic quickly.
Comparison of inlet geometries 5, 7, and 8 means that, for a supersonic inlet, the same total pressure recovery may be obtained by controlling different geometry parameters. This would make the design more dif cult if we did not have an automated optimization procedure. Figure 13 is the velocity pro les of inlet geometry 7 in the region of the inlet exit. The ow is shown to be quite uniform.
VI. Flow eld Computation
The ow eld computation using GASP starts with the supercritical ow that is supersonic from the entrance to the exit. When a back pressure is imposed at the exit, a terminal shock appears with this separation region. The process to reach the steady state is the motion process of this shock-separation (SS) system. When the back pressure is substantially higher than the critical back pressure, the propagation speed of the SS system is fast and the shock is quickly pushed out of the entrance as subcritical ow. 13 When the back pressure is approaching the critical value, the propagation speed of the SS system is very slow. This makes the computation particularly CPU time intensive. When a critical ow is considered to be obtained, the solution will be run again for another substantially long time to check if the SS system is displaced. This will tell if the SS system is still slowly moving or nally stable. Using the GASP code, typically 24 hours of CPU time is needed to achieve a converged ow eld on a DEC Alpha 2100 workstation computer. It needs about 5 days to search the back pressure value for the critical ow with a tolerance of 1%.
Mesh re nement tests were conducted. The number of mesh points in the radial direction were doubled. In the axial direction, the mesh spacing was halved from the cowl leading edge to downstream of the shock/boundary-layer interaction region. The variation in total pressure recovery caused by mesh re nement is less than 1%, which is consistent with our TPR accuracy tolerance. The mesh re nement tests con rm that the mesh resolution used for the GASP veri cations is suf cient.
The design quantities we have obtained so far are still at the theoretical stage. The nal design needs to be con rmed by the experiment.
VII. Conclusions
A multilevel design strategy for a supersonic missile inlet design was developed. The multilevel design strategy combines an ef cient simple physical model analysis tool and a sophisticated CFD Navier -Stokes analysis tool. The ef cient simple analysis tool is incorporated into the optimization loop and the CFD Navier -Stokes analysis tool is used to verify, select, and lter the nal design. GA and multistart gradient line search optimizers are used to search the nonsmooth design space. A geometry model for the supersonic missile inlet is developed. The simple and sophisticated analysis tools generally have the same trend to evaluate the measure of merit.
A supersonic mixed compression missile inlet with xed geometry and no bleed was designed using the multilevel design strategy. The inlet starts at Mach 2.6 and cruises at Mach 4. The inlet total pressure recovery of 0.409 has been obtained, which represents an improvement of 32% based on the NIDA evaluation using a two-dimensional aerodynamic model and one-dimensional empirical correlations. Veri cations using the Navier -Stokes solver of GASP report a 9% lower optimum value than that of NIDA but, nonetheless, showed a signi cant improvement in performance (23%) compared to the initial design. A detailed ow eld analysis is presented and shows that the main total pressure loss occurs in the region of the cowl lip shock, terminal shock, and in the region downstream of the separation induced by the terminal shock wave/turbulent boundary-layer interaction because of the spread of the low ow energy and turbulent boundary-layer development.
